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The performance of supersonic inlets is strongly affected by the boundary-layer development over its internal
surfaces. Boundary-layer bleed is used to suppress separation and to provide the desired inlet performance.
The gain in pressure recovery and stability is accompanied, however, with a loss in mass flow and an increase
in drag that must be minimized by optimizing the amount of bleed and bleed configuration. The purpose of
this work is to review and assess the data base for shock boundary-layer interaction that is pertinent to the flow
prediction in supersonic inlets. The first part of the review concerns mixed compression supersonic inlets and
their bleed system performance at design and off-design conditions. Based on the assessment of this data, specific
areas related to shock wave/boundary-layer interaction bleed, for flow-separation control, are identified. The
last part of the review addresses this phenomena in various two- and three-dimensional flow configurations.
The effect of bleed in the interaction zone is especially emphasized.

Introduction

NE of the problems that the designer of a supersonic

inlet system faces is how to provide for thie highest pos-
sible pressure recovery, at the mass flows required by the
engine, within the vehicle imposed integration constraints,
along with the required stability. When the flight Mach num-
ber is above 2.0, the recovery losses associated with the nor-
mal shock upstream of the inlet lip become excessive, and a
started inlet requires variable geometry. The terminal shock
wave in started inlets is stabilized in the diffusing section
upstream of the compressor, or fan face, in a conventional
installation. The closer to the inlet throat the terminal shock
is allowed to move, the higher the inlet recovery. However,
along with this benefit comes the increased risk of unstarting
the inlet. When the inlet unstarts and the terminal shock wave
is expelled, the mass flow rate and pressure recovery are
sharply reduced, the drag increases, and a significant transient
load is applied to the inlet structure. A large drop in pressure
recovery may cause the engine to stall and flame out.! Wil-
liams described the complex starting process in mixed
compression supersonic inlets in Ref. 2.

Unstart can result from an internal disturbance, such as a
reduction in the inlet airflow requirement, or from an external
disturbance, such as a gust. Bowditch et al.? reviewed the test
data for 60-40, 40-60, and 20—80 mixed compression inlets
to demonstrate the effect of external-internal supersonic
area contraction ratio on the unstart limits and distortion.
They also discussed the throat bypass system that improves
the stability, and the vortex generators that control distortion
in the supersonic inlet’s internal contraction. Krohn* discussed
the means for suppressing buzz in supersonic inlets at sub-
critical operation, and demonstrated experimentally that in-
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stabilities triggered by the shock-induced boundary-layer sep-
aration on the spike surfaces could be avoided by boundary-
layer bleed. Hiller et al.® used the results obtained from the
differert inlets tested during the preceding 10 years to dem-
onstrate that the total pressure recovery, boundary-layer
bleed, and cowl drag have the greatest influence on aircraft
range.?~’ '

Boundary-layer bleed has been used in supersonic inlets to
suppress separation and to improve performance.?” Using
the data from different axisymmetric and two-dimensional
supersonic inlets designed for flight Mach numbers between
2.5 and 3.5, Bowditch?® showed that a linear relation exists
between the inlet-to-capture-flow ratio and the wetted-to-throat-
area ratio. The same data was correlated by Hiller et al.5 in
terms of the percentage of internal compression, which is
often used to classify supersonic inlets. The results indicated
a linear increase in the amount of bleed, with internal
compression. Two-dimensional inlets required 70% more bleed
at the same internal compression.

Seyberg and Koncsek® discussed the bleed inlet design pro-
cedures, the selection of bleed geometry, and the performance
characteristics of scoops. slots, and bleed holds. The deter-
mination of inlet contours and bleed systems in inlet design
procedures are usually based on independent'*-'# or coupled'*
inviscid flow and boundary-layer analyses. The shock/bound-
ary-layer interaction regions are usually handled in a separate
analysis,’® requiring empirical or semiempirical relations.'?
These procedures cannot model the boundary layer in the
region of contained normal shocks.'*!'®* When the shock was
strong enough to cause local separation,'*!¢ the computations
exhibited discrepancies with experimental measurements in
started axisymmetric mixed compressor inlets.!#-2¢ Large flow
separation regions might exist in supersonic inlets at high-
pitch or yaw angles.?! In addition, the strong expelled shock
during subcritical operations could cause boundary-layer sep-
aration, which alternately choke or unchoke the inlet throat.>
Algorithms developed for the numerical solution of the un-
steady Navier-Stokes equations in supersonic inlets have also
been used to predict steady-state?** and oscillatory flows.*
These procedures are capable, in principle, of modeling strong
shock boundary-layer interaction and flow separation. How-
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ever, comparisons between steady-state experimental results
in supersonic inlets and boundary-layer bleed? revealed dis-
crepancies in the prediction of shock location and velocity
profiles. >4

The purpose of this work is to review and assess the data
base for shock wave boundary-layer interactions that is per-
tinent to the flow prediction in supersonic inlets. The data
base, therefore, will include normal and oblique shock inter-
actions with turbulent boundary layers, but not the shock
laminar boundary-layer interaction literature reviewed by Ad-
amson and Messiter.?” The sources used were determined by
the availability of publications.

Supersonic Inlet Performance

The experimental measurements in many of the supersonic
inlet studies consisted mainly of the total pressure recovery
at the englhe face and the static pressure distribution over
the inner surfaces. Smeltzer and Sorensen'®!! tested a mixed-
compression axisymmetric inlet model with a traveling cen-
terbody, ‘cowl and centerbody bleed, and bypass, as well as
secondary air systems upstream of the engine face and vortex
generators downstream of the throat. They measured the ef-
fect of altering the bleed and vortex generator configuration
on the inlet performance, at the design inlet Mach number
of 2.65. Experimental results were also presented at several
inlet Mach numbers ranging between 0.8 and 1.4. Wong and
Anderson®®* conducted an experimental investigation of a
large-scale two-dimensional mixed-compression inlet model,
with a design Mach number of 3.0, to test its performance at
off-design transonic Mach numbers between 0.6 and 1.28.
Variable features for off-design operation included an ad-
justable ramp height system and translating cowl. During tran-
sonic operation, boundary-layer bleed was provided only on
the ramp #ind side-wall surfaces, but cowl bleed was eliminated
to preclude the possibility of reverse flow through bleed holes.
The inlet performance was found to be insensitive to varia-
tions in angle of attack and yaw between 0 and 4°. The vortex
generators that proved advantageous at design speed were
not significantly effective at transonic speeds. Gubbison et
al.*® conducted a cold pipe experimental study to evaluate the
effect of bleed flow rates and bleed location on the perform-
ance of an axisymmetric mixed-compression inlet with trans-
lating centerbody. The inlet was designed for Mach 2.5, with
40% of the supersonic area eontraction occurring externally
and 60% internally. The best overall performance was ob-
tained with a 2.5% supercritical bleed located just down-
stream of the last cowl and centerbody shock reflection points
in the supersonic diffuser. As the bleed was moved aft, both
the overall pressure recovery and subcritical operating range
increased. The pressure recovery increased and the distortion
duecreased with bleed mass flow at critical operation. Large
increases in total supercritical bleed flow, however, signifi-
cantly reduced the subcritical operating range of the inlet. A
mission analysis indicated that the downstream bleed leads to
a significant improvement in payload over other locations at
all operating conditions.

Wong and Hall*! repoited the results of an experimental
investigation in which blowing was used to suppress shock-
induced separation in a Mach two-scale supersonic inlet. The
blowing was applied through a single row of aft-facing discrete
jets in the 7° compression ramp to energize the boundary layer
upstream of the strong terminal shock. The results indicated
that control over a wide range of operating mass flow ratios
was possible with a blowing that is 2.5% of the inlet critical
flow. The schlieren pictures showed that this was achieved by
redycing separation to a very small bubble. In a subsequent
study, Wong* investigated the effect of increasing the blowing
temperature and hole spacing on the inlet performance. Both
were found to reduce effectiveness, especially at low inlet
mass flows. The hot blowing also produced a temperature
distortion at the interface. The cold blowing provided the best
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near-ideal performance for terminal shock strengths from Mach
1.6 to 2.0.

Fukuda et al.3*-* tested an axisymmetric inlet at M = 2.5,
with bleed at the first shock wave boundary-layer interaction
on the cowl and the first and second interactions on the cen-
terbody. The measured boundary-layer profiles indicated that
across-the-shock bleed should be avoided, since the trans-
formed form factor H,, decreased with bleed mass flow and
then reached a plateau, but §* and 6 continued to increase.
Hingst and Johnson'® presented the results of their experi-
mental measurements in an axisymmetric inlet, with 60% in-
ternal supersonic area contraction designed for Mach 2.5, with
boundary-layer bleed through rows of normal holes on the
cowl and centerbody. The tests were conducted at two Rey-
nolds numbers of 8.2 x 10° and 2.7 X 10° per meter. The
measured boundary-layer profiles indicated that the laminar
boundary layer separated at the first centerbody shock inter-
action, but reattached at the measuring location downstream
of the shock at the lower Reynolds number. No separation
was observed at the higher Reynolds number. Bleed in the
aft portion of the centerbody produced reverse flow through
the forward holes, resulting in separated boundary layer.

Bleed System Performance

The basis for the analytical development of a bleed sys-
tem is the incorporation of mass removal in the regions of
boundary-layer separation. In order to prevent boundary-layer
separation, various criteria are used, such as a limit on the
value of the shape factor or the exponent in the boundary-
layer velocity profile. Sorensen and Smeltzer3%-*¢ maintained
an exponent of three or greater in the supersonic diffuser and
of seven or greater in the throat. Syberg and Koncsek®® used
the criteria that a shape factor of 1.3 corresponds to a “full”
velocity profile, of one-seventh power low, whereas a shape
factor between 1.8 and 2 indicates a highly distorted profile
close to separation. Fukuda et al.*® based their evaluation of
the bleed system performance on the shape factor, which was
determined from the boundary-layer profile measurements
downstream of the shock boundary-layer interaction-bleed
region.

Several factors affect the bleed system performance and,
consequently, the boundary-layer development in supersonic
inlets, such as the bleed hole geometry, plenum chamber
conditions, and shock impact location relative to bleed. Slant-
ing the bleed holes leads to higher bleed pressure recovery,
thereby minimizing the momentum drag of the overboard
bleed flow. Slant angles of 20° are used in the forward bleed
regions, but are increased to 40° in the middle and 90° in the
throat region'®*% to provide maximum normal shock sta-
bility.° The effects of hole size on bleed system performance
have been investigated by Fukuda et al.,*®* who reported no
significant effect of the hole size. On the other hand, Wong*’
reported significant hole size effects, and recommended hole
sizes below the boundary-layer thickness for better bleed per-
formance. The plenum pressure also affects the bleed mass
flow, since it determines whether or not the flow in the bleed
holes is choked. At present, these effects are accounted for
empirically in bleed system designs. ' Flow recirculation through
the bleed holes, which might lead to separation, can be pre-
vented if the plenum chamber is compartmented,3s which also
allows higher pressure recovery in each plenum. Syberg and
Koncsek’® found that the measured overall bleed flow rates
were about 20% below the predicted values. Similar accuracy
of bleed estimates were reported by Sorensen and Smeltzer®
with the forward, mid- , and overall cowl bleed 20% below
prediction, with better agreement for the centerbody bleed.

Reported boundary-layer measurements in the experimen-
tal supersonic inlet studies are not sufficiently detailed to
describe the complex shock and expansion wave system that
can result from shock/boundary-layer interactions, which are
further modified by mass removal.* Turbulence measurements
have not been reported in any of the inlet studies, although
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the turbulence structure is strongly influenced by the shock
interactions.>® In addition, the boundary-layer measurements
were mostly obtained at design conditions, and, therefore,
did not include strong shock boundary-layer interactions lead-
ing to separation, which can play a major role in off-design
conditions. It is clear from the preceding discussion that an
additional data base of shock boundary-layer interaction
measurements is required for validating supersonic inlet flow-
field predictions. A number of shock boundary-layer exper-
imental studies are reviewed and evaluated (Tables 1 and 2)
based on how their experimental results might help in under-
standing the phenomena described in the preceding discus-
sion.

Effect of Suction on Shock Boundary-Layer
Interactions

A number of experimental studies were conducted to in-
vestigate the effect of bleed on shock boundary-layer inter-
action in different geometric configurations. The test arrange-
ments included oblique,**—* glancing,*-*” and conical*® shocks
interacting with boundary layers over flat plates,*-4-447 in
compression corners,* inside cylinders,” and on airfoils.*
The bleed through holes,*>%-4 slots,*4651 or porous wall
segments*-#143.44.51 were implemented upstream,0-42.48.49
downstream,*>*” and across**-4648-4° the shock (see Tables 1
and 2).

When suction was applied through a porous wall, Strike
and Rippy* reported that the interaction length decreased
and the pressure ratio increased. It was determined that less
suction is required to control separation, when applied up-
stream of the shock. Lee and Leblanc* reported that only
60% of the plain wall pressure rise could be recovered with
weak suction (F = —0.0056) through a perforated wall. For
the strong suction (F = —0.008), the maximum pressure was
within 3% of its ideal value. The measurements indicated a
thinner boundary layer with a fuller profile near the wall, in
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the case of strong suction. The weak suction produced the
opposite effect at the first two stations. This was attributed
to the surface roughness, which has a stronger influence up-
stream of the shock, due to the penetration of the surface
irregularity outside the laminar sublayer. The static pressure
gradient normal to the wall was close to zero, except in the
interaction zone effected by the incoming and reflecting shock
and expansion waves. Hingst and Tanji*? determined that
bleed eliminated flow separation and produced fuller velocity
profiles in the interaction zones. Bleed also shortened the
interaction length, and increased the pressure gradient in the
interaction zone. Benhachmi et al.**-** demonstrated that suc-
tion (10% of the boundary-layer mass flow) eliminated the
separation, and reduced the three-dimensional effects, as con-
firmed by off-axis measurements. The effect of bleed was
manifested as an increase in both pitot pressure and slope at
the wall, with a downstream shift of the shock impingement
location. The profiles downstream of the bleed region were
much fuller than those upstream. In spite of the wide scatter
in the bleed mass flow measurements on the porous plate,
the results* confirmed previous observations* that the bleed
distribution follows the trend of the wall pressure.

Tanner and Gai*® applied bleed through the slot generated
by lifting the wedge from the tunnel wall. The data indi-
cated that the optimum bleed height was near four-thirds the
boundary-layer thickness before the interaction. Barnhart et
al.*s obtained flow measurements in turbulent boundary lay-
ers crossing a glancing side-wall shock wave. The data without
suction showed trends toward separation at the M = 2.5 and
« = 8. The upstream influence of the interaction was reduced
by 50%, and the flow became quasi-two-dimensional at 30%
boundary-layer suction. Toby and Bogdonoff*’ presented the
results of an exploratory study of corner bleed on a 90° fin
that generated three-dimensional shock wave turbulent
boundary-layer interaction at M = 2.95. The surface flow
visualization and the measured surface pressure distribution

Table 1 Shock wave boundary layer interactions over flat plates and compression corners

Surface Flow
Flow Geometry measure- measurements
(2-D) Reference (No.) M Re x 10-5 a, deg Bleed ments Mean Turb.
Strike & Rippy* 3.0 0.5-10/1t 6.6-11.6 US, AS, P No No
o porous
Lee & Leblanc* 1.4 3 AS porfor- P LDV No
ated
Hingst & Tanji®? 2.0 20/m 6&6.5 Us, DS, Ty, Ppitot No
AS holes
Benhachmi*®? 25&3.0 16.6-18.5/m  0-8 AS porous thy,,p Ppitot No
Kuehn® 1.2-4.4 1-10 (8) 8-11 No P Ppitar No
Squire & Smith*> 25 2.7/m 2-7 US, holes, P Ppitor No
777777777 blowing
LeBalleur & Delery*® 1.92 6.7 (8) 8.2 No P LDV No
Voisinet®” 2.95 0.1-3 _ Porous P, T, 7 Ppitots No
blowing hotwire
Delery®® 1.3-1.45 _ No LDV Yes
W/. Sajben et al.®! 1.34 .0146 (8) — No LDV Yes
Tanner & Gai* 1.95 3.98/ft 8-16 Yes P No No
Kuehn*’ 1.2-4.4 1-10/ft 12.5-30 No P Pritot No
Law® 2.96 0.1-1 (8) 15-25 No P, oil No No
flow
Roshko & Thomke®! 2-5 4.8-20.9/ft 5-27 No P No No
e Ardonceau®s ‘ 2.25 1.1/m 8-18 At 18 P Hotwire Yes
& LDV
Muck & Smits* 2.87 0.776 (8) 0-16 No No Hot wire Yes
Hayakawa et al.* 2.85 73/m 8 No No Hot wire Yes
Hayakawa et al.* 2.87 7.76 (6) 8-24 At20 & 24 No Hot wire Yes
Debieve et al.* 2.32 0.0042 () 6 No P Hot wire Yes
Settles et al.* 2.85 73/m 8.24 No P Hot wire No
Dolling & Murphy*! 2.9 & 2.95 0.78-1.4(8) 24 No P Trans- No

ducers
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Table 2 Shock wave boundary layer interactions over cylindrical surfaces

Surface measfllr‘:evlvrxents
Flow Geometry measure- .~~~
(3-D) Reference (No.) M Re x 1076 a, deg Bleed ments Mean Turb.
Seebough & Childs*® 2.82,3.78 5.6/ft 10-15 US, AS, P Ppitot No
2a holes
Kussoy et al.™ 2.2 12-110/m _ No p, T Ppitor Yes
Flow Di- Hot
& rection film
Mateer et al.®? 0.48-1.32 225-85(06) —— No p, T Pgitots P No
l Flow Di- Hotwire
rection
oo o o P
Buchalo & Johnson™ 0.425-0.925 6-20 e No P Turb. —_—
Rey,
J’ stress
Mean
Vel.
1 Field
10 Injection P, T Ppitor No

Alzner & Zakkay*® 6 200
; ?q .

indicated a change in the streamwise extent of the interaction,

with no significant change in the flow structure, as the apex

of the fin was lifted from the surface into the supersonic flow
" within the boundary layer.

For axisymmetric flow in the interaction region of the
boundary layer inside a 2.03 in. diam duct, Seebough and
Childs*® determined the approximate separation and reat-
tachment points by plotting the Mach number variation vs the
axial coordinate at fixed distances from the wall, and extrap-
olating for the intersections with M = 0. A comparison of
the estimated flow deflection angles for incipient separation
with the two-dimensional results of Kuehn revealed that
separation occurred at lower angles for conical shocks. It was
possible to remove observable effects of separation for the
15° cone at M = 3.78 by bleeding 3.1% of the upstream
boundary-layer mass flow through one row of 0.064 in. diam
bleed holes. Bleeding reduced the length of the interaction
zone (the extent of the surface static pressure rise) by 40%.
Contrary to the conclusions of Strike and Rippy,* suction
within the interaction region was found to be more effective
in suppressing the effects of separation. Four rows of bleed
holes were required to obtain equal suction flow rate, to sup-
press separation, when the perforation was located upstream
of the pressure rise.5!

Thiede et al.*’ conducted an experimental study to improve
the off-design performance of the VFW VA-2 supercritical
airfoil through boundary-layer suction and ventilation. Suc-
tion was found to delay shock-induced separation to greater
shock strengths, and to stabilize the shock in a rearward po-
sition. The improvement in off-design lift was slightly less for
passive control, but it offered potential for a large drag re-

duction, up to 40%, due to the smearing of the shock wave
pressure gradient. This strong passive effect was caused by
the secondary flow through the plenum underneath the shock,
leading to forward blowing and rearward suction. The net
result was a partial pressure compensation in the double slot,
and perforated strip configuration without any suction.

Smits and Wood concluded in their review® that ex-
perimental investigations of the effect of suction are influ-
enced by surface roughness and departures from two-
dimensionality. They also indicated that skin friction meas-
urements in most of the studies are inadequate.

Effect of Roughness and Blowing on Shock
Boundary-Layer Interaction

The reason for including these effects in the present review
is that sometimes, when bleed holes or porous wall segments
extend across the shock impingement location, zero suction
and even blowing may result, due to flow recirculation inside
the bleed chamber. The unintended mass exchange can occur
upstream of the shock, due to the large surface pressure dif-
ference. Both blowing and roughness produce somewhat sim-
ilar influence on the boundary-layer velocity profile; this in-
fluence is quite different from the effect of bleed.

Squire and Smith** reported that the interaction length in-
creased and the start of the interaction moved forward with
blowing, upstream of the interaction between the boundary
layer on a flat plate and an oblique shock generated by a
ramp. The peak of the pressure distribution tended to de-
crease and move forward with increased blowing rates, and
the downstream pressure approached the inviscid levels. The
velocity profiles after the blowing, but before the shock im-
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pact, were found to become thicker and less full. The ratio
of the thickness of the subsonic layer to the boundary-layer
thickness was found to increase with blowing, and the inter-
action length was found to correlate with the thickness of the
laminar sublayer at the end of the interaction. Some three-
dimensional effects were observed from the surface flow vis-
ualization. Oil flow patterns indicated that separation oc-
curred just above a = 5° for all blowing rates, suggesting that
the shock strength for incipient separation is insensitive to
blowing.

Yanta et al.>* obtained boundary-layer measurements on 8§
deg sphere cones, with mass addition at Mach number of 2.5
and Reynolds number of 8.86 X 10%m. The longitudinal and
transverse velocity profiles, as well as the turbulence intensity
and Reynolds stress distributions, were deduced from the two-
dimensional LDV measurements. The results were presented
for four different injected air flow rates corresponding to F
= p,v,./p.U.0f0,0.2, 0.5, and 1.0. The longitudinal velocity
profiles were found to become less full with increased blowing,
and, at F = 1.0, the boundary layer appeared to be blown
off the model. Linear regression methods indicated that the
value of n in the power low for each profile ranged between
5 for no blowing and 1 for the highest blowing rate. The
longitudinal turbulence intensities increased and the maxi-
mum moved away from the wall with increased blowing rates,
as in the case of incompressible flow.>> The Reynolds stress
was found to increase significantly with increased mass injec-
tion in the boundary layer’s midsection, even though it was
found to decrease in the inner part near the wall.

Alzner and Zakkay*® investigated the effect of injecting air
and hydrogen on the surface pressure and heat transfer in
shock wave boundary-layer interactions with flow separation
at Mach 6. The shock generated by an axisymmetric ring with
a wedge angle of 10° impinged on the boundary layer over a
centerbody, and the tangential injection was applied through
a slot. A range of injection mass flow rates corresponding to
p;U;lp. U, between 0.0205 and 2.74 were investigated at three
positions relative to the interactions. These positions corre-
sponded to location upstream of the separated flow region,
near the detachment point and near the attachment point. In
all tests, the basic surface pressure distribution prevailed and,
in comparison to the case of no injection, the length of the
separation region showed little change. The most effective
reduction in the surface peak heat transfer was achieved through
injection near the reattachment point, with hydrogen injec-
tion resulting in higher cooling effectiveness because of its
higher specific heat and lower molecular weight. The sha-
dowgraphs indicated that, with increased injection rates, the
separation shock moved upstream until it reached a stationary
position. The recompression shock location was initially un-
changed, then moved upstream and away from the wall. The
pitot and static pressure measurements indicated that the sep-
arated region was split into two, with a small separation bub-
ble downstream of the injection slot, which was attributed to
the nontangency of the injection.*® This was confirmed with
a zero velocity line deduced from the crossover point of the
pitot pressure measurements, with upstream and downstream
facing probes.

Viosinet®” studied the combined effect of roughness and
blowing on the turbulent skin friction in the boundary layer
on a flat plate at M = 2.9. The systematic variation of rough-
ness in the experiments ranged between aerodynamically
smooth to full rough regimes (K = 0.0-0.49). The blowing
rates through the rough porous wall ranged from zero up to
and including boundary-layer blow-off. Both roughness and
blowing caused the boundary-layer profile to be less full, and
increased the boundary layer thickness. The results with and
without blowing were found to correlate well with the incom-
pressible flow data after the compressibility transformation.

Smits and Wood* discussed some of the experimental stud-
ies of boundary layers with a step change in wall roughness.
For the Mach 6 flow, Berg’s measurements® indicated relax-
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ation distances for the mean flow properties of ten and four-
teen times the initial boundary-layer thickness, for rough to
smooth and smooth to rough, respectively. The relaxation
distances for the fluctuating properties were about one and
one-half times as long. Benhachmi** presented the measured
surface static pressure and pitot pressure profiles for super-
sonic flow over a flat plate with a rough wall segment with
and without an oblique shock. Roughness was found to have
only a small effect on the pitot pressure very close to the wall.
The roughness caused a decrease in the slope at the wall; the
slope then increased slightly after the transition back to smooth
wall.

Flow Separation in Shock Boundary-Layer Interactions

Strong shock boundary-layer interactions leading to flow
separation have been investigated experimentally over a wide
range of Mach and Reynolds numbers. The tests were con-
ducted in various configurations, including two-dimensional
flows resulting from an oblique shock interacting with a flat
plate boundary layer, %% compression corner,’-6061.65-67 pear
normal shocks in transonic flows inside symmetric®® and
nonsymmetric®® channels, axisymmetric flow at the junction
of a bump with a cylinder,”” and three-dimensional shock
boundary-interaction in different configurations’ 7 (see Tables
1 and 2).

Delery® gave a detailed description of the flow and the
shock system configurations in separated shock wave bound-
ary-layer interactions. Kuehn®® conducted the first extensive
study to determine the incipient separation conditions in shock
wave turbulent boundary-layer interactions in compression
corners, curved surfaces of various radii, and incident waves.
He demonstrated the equivalence between the overall pres-
sure ratio for incipient separation in the compression corner
and incident shock. Law®® compared the experimental results
of an oblique shock-flat plate boundary-layer interaction and
a compression corner. He found that the incident shock wave
configuration resulted in a larger length of separation ap-
proximately 15% above that in the compression corner for
the same overall pressure ratio. The incipient separation angle
was approximately the same for both configurations, and in-
creased with the Reynolds number. Law’s® results did not
show the constant pressure plateau associated with large sep-
aration lengths™ that are greater than seven boundary-layer
thicknesses. The location of the separation point was deter-
mined using three techniques, namely, the first inflection point
in the static pressure distribution, the location of oil accu-
mulation, and the extrapolation of the separation shock wave
to the flat plate surface. The three techniques were in rea-
sonably good agreement for large regions of separation, but
were inadequate or gave questionable results for small regions
of separation.

Ardonceau® % presented the results of a very detailed study
of the mean flow and turbulence at attached, incipiently sep-
arated, and separated flow conditions. The presented results
for the isobar maps® showed the factorization of the pressure
waves outside the boundary layer. The inclination of the iso-
bars was small near the wall, but increased at the outer edge
of the boundary layer, and the influence of compression ex-
tended far upstream in the inner part of the boundary layer.
The comparison between the hot wire and the LDA mean
velocity data for the incipiently separated flow (at 13° corner
angle) revealed discrepancies near the wall. The higher LDA
velocities were attributed to the lower seeding level near the
wall.®5%¢ The accuracy of the LDA-measured longitudinal
component of the mean velocity, which was presented for the
three compression angles, is also questionable inside and near
the separation bubble.

Bachalo and Johnson™ observed larger separation regions
at higher Mach numbers in axisymmetric transonic flows.

Kussoy et al.”' studied experimentally the interaction of the
boundary layer inside a cylinder with a shock that was gen-
erated by a cone inclined to the axis .inside the tube. The
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resulting three-dimensional separated boundary layer in-

cluded a significant region of streamwise recirculation. The
yaw angle contours indicated a significant flow turning in a rela-
tively small fluid layer close to the wall (15% of the boundary-
layer height). The results for the surface static pressure and
surface skin friction indicated a dramatic circumferential var-
iation in the skin friction. The results did not show a pressure
plateau, which is often used to imply the existence of stream-
wise separation. The static pressure contours in the windward
plane showed strong streamwise and normal pressure gradient
in the interaction zone, with peak pressure near the conflu-
ence of the incident and separation shock. Peak turbulent
kinetic energy and turbulent shear stress were also present in
the same region, whereas the turbulent kinetic energy varied
only slightly on the leeward plane. The wall static pressures,
the three color LDV measurements, and the flow visualization
of Benay et al.” revealed a very complex flow pattern, and
the existence of a number of separation lines, in a transonic
channel with a hump on one wall.

Effect of Reynolds Number

It is important to understand the effect of the Reynolds
number, if the flow measurements in inlet experiments are to
be used in actual inlet design. The Reynolds numbers in these
tests are usually different from in-flight conditions, because
of the smaller test models and the test pressures and tem-
peratures not corresponding to flight conditions. Law® re-
ported that the ratio between the separation length and the
undisturbed boundary-layer thickness just upstream of the
separation was found to increase with decreasing Reynolds
number. Results obtained by other investigators in a compres-
sion corner exhibited various trends, ranging between
decreasing™ and constant’>’¢ normalized separation length
with increasing Reynolds number.

Kuehn® plotted the incipient overall pressure ratio and the
compression corner angle vs the Reynolds number based on
the boundary-layer thickness before the interaction for the
different Mach numbers. His results indicated that the resis-
tance to separation decreased with the increase in Mach and
Reynolds numbers. Roshko and Thomke® investigated the
conditions for incipient separation at Re that are two orders
of magnitude higher than in Kuehn’s experiment, and doc-
umented a trend reversal, showing increased resistance to
separation with the Reynolds number. Thomke®' explained
the trend reversal with the Reynolds number through an in-
viscid rotational analysis of the supersonic outer portion of
the boundary layer in the shock interaction region. Elfstrom,5?
using the inviscid roational analysis model of Roshko and
Thomke,5! computed the incipient separation angle over a
wide range of Mach, Reynolds numbers, and surface cooling
conditions, and reported very close agreement with a large
number of experimental measurements. Hamed®® discussed
in detail the large number of incipient separation studies, and
the effect of different flow separation detection methods on
the results.

The Reynolds number also affects the surface pressure and
friction in unseparated flows. Mateer and Viegas® reported
that increasing the Reynolds number steepened the pressure
gradient across the normal shock, but had little effect on the
friction coefficient. On the other hand, the results indicated
that, as the Mach number increased, the pressure gradient at
the shock decreased. The minimum value of friction coeffi-
cient also decreased, and the location of minimum friction
moved downstream with increased Mach number.

Effect of Shock Boundary-Layer Interaction on
Turbulence
Rubesin” presented an excellent review and assessment of
the comparative performance of various turbulence models,
for several examples of external and one internal flowfield.
It has been shown in external flow computations that the
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turbulence model affects the predicted shock location,®-7® the
extent of separation®7%7 and whether or not separation is
predicted. Turbulence measurements in shock boundary-layer
interactions were reported in a small number of experimental
investigations for a normal shock on a flat plate,® followed
by an adverse pressure gradient,® inside a cylinder,® in a
supersonic compression corner,®-%%8-8 and over a cylinder
with flare®® (see Tables 1 and 2).

Delery®® presented the turbulence kinetic energy and the
Reynolds stress at several locations across the shock bound-
ary-layer interaction zone in a symmetric channel at three
transonic Mach numbers corresponding to incipient separa-
tion, separated flow with a large separation bubble. Both
quantities increased an order of magnitude in the interaction,
and then started to decrease near reattachment. The maxi-
mums were detached from the wall, and the Reynolds stress
maximum was at the same location of maximum mean velocity
slope. A strong anisotropy developed with |u’| = 4|v’| even
before the shock impact. Delery concluded that, in separated
flows, the normal stress plays an important role and must be
modeled in both the turbulence production and momentum
equations. .

Sajben et al.®' investigated experimentally the flow in a
normal shock/turbulent boundary-layer interaction followed
by an adverse pressure gradient produced by a 5° divergence
angle of the bottom wall. The velocity contours indicated a
rapid thickening of the boundary layers at the shock, and the
presence of a high-velocity overshoot region. The loci of the
maxima for the kinematic shear stress (—u'v’) and the tur-
bulent kinetic energy k were virtually coincident, and, ini-
tially, occurred very close to the wall, then gradually migrated
outward to the middle of the boundary layer. The maximum
kinetic energy was found to peak near the shock, whereas the
peak in the maximum shear stress appeared about 50 bound-
ary layers further downstream. The distributions were similar
to those reported in Ref. 80, but were only one-third in mag-
nitude. Plots of ¥/ revealed regions of large anisotropy (low
values of the ratio) associated with the regions of velocity
overshoots. Low /7 values were also reported in the free-
stream portion of the shock, which were attributed to shock
oscillations. Time mean velocity, surface oil flow, and schli-
eren visualization all indicated the absence of separation. The
streamwise velocity component in the LDA data was negative
8% of the time, indicating a state of incipient detachment in
a small region close to the wall, slightly downstream of the
shock. The turbulence measurements of Mateer et al.?? in-
dicated an order of magnitude increase in the fluctuation,
followed by relaxation towards constant levels far down-
stream. The downstream values were independent of the ra-
dial position, with double the intensity of the upstream core.

The measurements of Muck and Smits®® and Hayakawa et
al.®# indicated that the turbulence structure was consider-
ably distorted by the interaction, and the relaxation process
was very slow. The rms mass flow fluctuation level {(pu)’)
doubled in the interaction and continued to increase in the
recovery zone to 2.8 times its initial value. The mass weighted
shear stress (pu)'v’ increased by as much as 16 times through
the interaction zone, then decreased significantly further
downstream. The turbulence structure was strongly disturbed
even when the surface skin friction and pressure measurements®
indicated little or no separation at « = 16°. Hayakawa et
al.®*-% presented the evolution of the turbulence intensities
along three selected streamlines across the interaction and
recovery zone. A rapid increase in 4’2 was displayed along
all the streamlines in the interaction zone of severe pressure
gradients. The increase was greater for the higher compres-
sion angles. The behavior of the turbulence intensity in the
recovery zone downstream was found to depend on the
streamline distance from the wall. The turbulence intensities
decayed rapidly near the wall but continued to increase in the
outer part, indicating that the large eddies in the outer part
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of the boundary layer respond more slowly than the motions
near the wall.

The turbulence measurements of Ardonceau®>% demon-
strated that both (u') and (v’) increased with longitudinal
distance and spread towards the outer part of the boundary
layer, with a maximum at 3.4 mm away from the wall. The
influence of the compression corner was noticeable at a dis-
tance of 12 mm upstream of the hinge line, and the fluctuation
level was still two to three times that in the undisturbed bound-
ary layer, at x = 52 mm downstream. The longitudinal com-
ponent reacted more strongly than the normal component,
particularly in the inner part of the boundary layer. The ratio
between (u’') and (v') became higher than the upstream equi-
librium value in the interaction region, and returned t to avalue
of 2 downstream. The Reynolds shear stress u’v’ also in-
creased considera _Lthrough the interaction, and the corre-
lation coefficient ¥’ v’ /(u')}v') was considerably modified in
the vicinity of the separation. A study of the sensitivity of the
rms mass flux data from the hot wire measurements® indi-
cated strong depéndence in the Mach nimber range 0.6 < M
< 1.4. This would indicate low confidence in the hot wire’s
turbulence data in this range, since such influence was not
included in the data regression procedure. Debieve et al.¥’
indicated a 50% increase in 1’2, along a mean mass weighted
streamline at y/6 = 0.4.

Brown et al.®! obtained their turbulent measurements using
LDV in the boundary layer at the junction of a 30° half-angle
conical flare inclined at @ = 0, 5 and 10° to the 5.06 diam
cylinder axis at M = 2.85 and Re = 0.6 X 10%m. The surface
pressure measurements indicated that the separation length
increased, and the start of the separation moved upstream
with increased a. At the plane of symmetry, the maximum
turbulence kinetic energy amplified eight to nine folds, even
prior to separation. The magnitude of the overall rise was
uneffected by geometry, but the first increase moved up-
stream with «. Scaling the axial distance by the interaction
length collapsed the turbulence data in the three shock strengths.

In the case of three-dimensional shock boundary-layer in-
teraction inside a cylinder with an inclined shock generating
cone, Kussoy et al. found the turbulent kinetic energy to
vary only slightly from the equilibrium upstream value in the
leeward plane. On the other hand, strong streamwise and
normal variations in the turbulent kinetic energy were mea-
sured in the windward plane. Peak turbulent shear stress and
kinetic energy appeared in the region of the convergence of
the incident and separation shock, and above the separation
bubblein the windward plane. Negative turbulent shear stress
was reported in the vicinity of the separation bubble, in a
region where du/dy is positive; however, the authors 1ndlcated
that the réduction technique of the shear stress from the hot
wire measurement might be responsible.*®

Doiling and Murphy®! reported large amplitude fluctuations
throughout the interaction, particularly near the separation
and reattachment points. Hayashi et al.®?> measured the sur-
face temperature fluctuations in the interaction of an incident
shock with a turbulent boundary layer. They reported a sharp
peak i surface temperature fluctuations at the separation
point, similar to Dolling and Murphy’s pressure fluctuation
peak. The highly unsteady shock wave structure generated
intermittency in the wall pressure®! and temperature.*> Holden*
also reported large surface pressure fluctuations at hypersonic
speeds (70% of the mean value), close to the separation and
reattachment points. He determined that the separation point
oscillates in the streamwise direction at 1-10 KHz frequencies
and 6/4-8/3 amplitude, and defined separation as where the
time average of the surface shear was zero at one point on
the surface.®* Mikulla and Horstman® proposed a coupling
between the turbulent energy and the separation bubble un-
steadiness, and supported their hypothesis with the detailed
power spectra distributions of the measured fluctuating quan-
tities. Although this problem still needs further investigation,
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it is clear that a laminar sublayer model is unrealistic in sep-
arated shock wave turbulent boundary interactions.

Summary

The review of available experimental data related to the
control of shock boundary-layer interaction through bleed in
supersonic inlets can be summarized as follows:

1) Experimental data for surface and pitot pressure is avail-
able for a number of configurations, and demonstrates that
the boundary-layer separation can be controlled.

2) Local bleed distribution measurements are very. scarce
in these experiments, which leads to difficulty in using the
data for code assessment.

3) Some contradictions exist between the results of different
investigations regarding the effectiveness of bleed configu-
ration (upstream, downstream, or across the shock) in con-
trolling separation.

4) Additional systematic data on unchoked bleed hole ef-
ficiency and recovery is needed in order to simulate pienum
conditions in bleed systems at off-design performance.

5) Turbulence measurements indicate significant changes
in the turbulence across the shock boundary-layer interaction,
especially if the flow separates. No turbulence data is available
in interactions with bleed.

6) The flow is highly unsteady in the separated region, and
the separation point oscillates in the streamwise direction,
with possible coupling between the turbulent energy and the
separation bubble unsteadiness.

7) Large experimental uncertainties are associated with the
data reduction techniques of pitot probes and hot wire data
under shock wave boundary-layer interaction conditions.
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